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RESEARCH MEMORANDUM

WING LOADS ON THE BELL X~1 RESEARCH
AIRPLANE (10-PERCENT-THICK WING) AS DETERMINED BY
PRESSURE-DISTRIBUTION MEASUREMENTS IN FLIGHT AT
SUBSONIC AND TRANSONIC SPEEDS

By Ronsld J. Knepp and Gereth H. Jordan
SUMMARY

Measurements of wing losds have been made on the left wing of the
Bell X-1 (1O~percent-thick wing) research alrplane. Data are presented
within a wing-panel normal-force coefficlent range from -0.2 to 1.0 at
Mach numbhers from about 0.50 to 1.19.

The results of the investigation indicated that the wing-penel spen
loading was approximately elliptical at values of wilng-panel normal-force
coefficient from 0.3 up to the limit of the tests for suberitical and
slightly supercritical Mach numbers (M = 0.56 and 0.75) and for higher
transonic Mach numbers (M = 0.97 and 1.17). At Mach numbers from 0.83
to between 0.88 and 0.97 there was a deviation from this elliptical type
loading, which may be attributed chiefly to shock formation and movement
with changes in Mach number.

The spanwise center of pressure for the wing-panel load, at values
of wing-panel normal-force coefficlent from 0.3 to 0.6, was located at
52 to 53 percent wing semispan for Mach numbers from 0.50 to about 0.73
and from 0.96 to 1.17. A slight outboard shift of about 2 percent wing
semispan occurred at Mach nunbers from about 0.73 to 0.96. There were
pronounced Mach number and normal-force effects on the chordwlse center-
of-presgsure locegtion in the Mach number range where shock movement on
both the upper and lower surfaces of the wing was rapid (M =~ 0.73 to 0.96)}.
At suberitical Mach numbers the center of pressure was located at sbout
25 percent wing mean aserodynamic chord and at Mach numbers above 0.96 was
located at asbout k1 percent wing mean aerodynamic chord.

Theoretical methods used for determining spen loading gave a good
approximation of the flight data except in the region where shock formsa-
tion and movement cccurred and caused the loading to deviate from the
elliptical type. These methods adequately predicted the coefficient of
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bending moment throughout the Mach number range tested, including the
Mach number range where these methods dld not closely predict the shape
of the span loading.

The normal-load paremeter dropped rapidly from the wing-panel root
to the asirplane center line. In general, the loading parameter at the
airplane center line was about half of that at the wing-panel root station.

INTRODUCTION

The NACA High-Speed Flight Research Station at Edwards Air Force
Base, Calif. has conducted a series of flight tests on the Bell X-1
research airplane in the subsonic and transonic speed range for the
measurement of wing and fuselage loads. The purpose of this paper is
to present an analysis of the wing loads ag obtained on the left wing
of the airplane by pressure-distribution measurements at six spanwise
stations. The data were obtained for Mach numbers from about 0.30 to
1.19 at altitudes from 17,000 to 47,000 feet in level flight, low-speed
stalls, push-overs, and in pull-ups to high 1lift. Most of these data
have been presented previously in unanalyzed tebular form in references 1
to 4. An analysis of the pressure distributions obtained at four of the
individusal spanwise stations (stations A, C, D, and F) is given in refer-
ence 5. Some additional section pressure~distribution data at station D
have been presented in reference 6. A comparison of some of the flight
date of references 1 to 4 with data obtained in the Langley 16~foot tran-
sonic tunnel on a quarter-scale model of the airplane is given in
reference 7.

In order that some wing-~to-fuselage carry-over data might be obtained,
tests were made in which fuselasge pressures were measured near the wing
and results are included herein.

SYMBOLS
b wing span (28 ft)
CbP wing-panel bending-moment coefficlent about center line of
1l

airplane, f Ch 9_— E_y_ a _2_}:
0.184 ~e¢b b

b
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(Cmc / LL)P

Cn

CNP

Cn A

o1

wing~-panel pitching-moment coefficient about wing 0.25 mean
- 1 2

serodynamic chord, -=— cm(%) a3

¢’ Jo.18y ¢ b

wing normal-force coefficient, ineluding carry over to
~1

fuselage, \/ ch g-d 2y

0 ¢ b

~1
wing~panel normal-force coefficient, \/ cp
0.184

Ol‘llo
o‘lQ’

airplane normal-force coefficient, nW/qS

local wing chord parallel to plane of symmetry, ft
average chord of wing (4.64 £t), S/b

- [t 2. 2y
wing mean serodynamic chord (4.80 ft), c / (;) d -
Jo Cc
section pitching-moment coefficient about a line perpendlicular
to longitudinal axis of airplene, passing through 0.25-chord
point of wing mean aerodynasmic chord,

1 ,
f ) PR(x 0.40¢ - 0.15¢"), x

o o = ]

1

section normel-force coefficient, u/ PR
0

b4
d3
free-stream Masch number

normal-load factor

resultant pressure coefficient,

lower~surface pressure - upper-surface pressure
e

free-stream dynamic pressure, 1lb/sq ft

wing ares, including area projected through fuselage
(130 sq ft)
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W alrplane weight, 1b

X chordwise distance from section leading edge, ft

¥y spanwise distance outboard of airplane center line, ft
o airplene angle of attack, deg

Subscript:

mex maximum

DESCRIPTION OF AIRPLANE WING

The Bell X-l research airplane used in these tests and the general
over-all dimensions are shown in the photograph and three-view drawing
presented as figures 1 and 2, respectively.

The airplane had a wing of aspect ratic 6, taper ratio of 0.5, and
had an incldence angle with respect to the fuselage axis of 2.5° at the
alrplane center line and 1.5° at the wing tip. A line through the 40 per-
cent local chords was perpendicular to the plane of symmetry and the wing
had a modified NACA 65-110 airfoil section. Over the flap statlons (sta-
tions A to C; see fig. 3) the airfoil was modified rearward of the
85-percent-chord point to give a finite thickness at the trailing edge.
For the aileron stations (stations D to F) the cusp was replaced by a
straight taper rearward of the 85-percent-chord point to reduce hinge
moments (ref. 8). The ordinates of the modified airfoil sections are
presented in table I.

The fuselage, which is a body of revolution having a fineness ratio
of 6.8 with its maximm diameter in the vicinity of the wing leading
edge, enclosed approximately 19 percent of the wing area. Pressures
were measured on the fuselage surface area between the leading and
trailing edges of the wing.

The locations of the pressure-measuring orifices are shown in fig-

ure 3. The wing and fuselage was painted and polished during the tests,
but no refined filling or smoothing was attempted.

INSTRUMENTATION AND DATA REDUCTION

Standard NACA instrumentation was used to measure all surface pres-
sures (using two 60-cell recording flight menometers), normal acceleration,
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rolling velocity, and control position. Indicated free-stream static
and dynamic pressures were measured with a pitot-static tube ahead of
the fuselage nose. All records were synchronized by a common tirer.
Mach number and free-stream static pressure were obtained from the indi-
cated free-stream static and dynamic pressures by the radar tracking
method of reference 9. All surface pressures were measured relative to
the pressure in the instrument compartment. The instrument compartment
pressure was measured relative to the indicated free-stream static pres-
sure, which was corrected to the true free-stream static pressure as
described.

Wing and fuselage surface pressures were obtained from l/8-inch-
diameter flush-type orifices installed In the surfaces. The orifices
were connected to the instrument compartment by l/8-inch inside~diameter
aluminum tubing. The length of aluminum tubing varied from about 14 feet
at the tip to about 2 feet at the wing-panel root and fuselage. Approxi-
mately 3 feet of 5/16—inch inside-diameter rubber tubing was used tc con-
nect each aluminum tube to the manometer cell. The effects of lag in
the measurement of surface pressures have been neglected inasmuch as
these effects have been found to be insignificant at the rates at which
the pressures were changing during these tests.

The section resultant-pressure-distribution plots were mechanically
integrated to obtain values of sectlon normal-force and pitching-moment
coefficient, which were used to construct spanwise load- and moment-
distribution plots. These spanwise plots were obtained for flight con-
ditions throughout the maneuvers. From these plots the representative
spanwise load plots presented in this psper were selected. The entire
group of spanwise load- and moment-distribution plots were mechanically
integrated to obtain normal-force coefficient, pitching-moment coeffi-
clent, and bending-moment coefficient. From these values spanwlse and
chordwise wing centers of pressure were obtained. The data presented
are in the form of cross plots of the data in order that normal-force
coefficient or Mach number might be held constant. All wing-panel coef-
ficients have been based on the entire wing area, whereas they were based
only on wing-panel area in references 1 to 4 and reference 7. This change
has been made in order to facllitate presentation of the load carry over
to the fuselage.

Fuselage pressure data were obtained in the vicinity of the wing in
additional tests to get an indicatlion of wing~to-fuselage load carry over.
These data were matched with the wing data on the basis of similar Mach
number and airplane normal-force flight conditions in order to obtain
complete spanwise load plots.
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TESTS .

The date presented hereln were obtained during unsccelerated stalls *
at Mach numbers less than 0.50, during pull-ups and push-overs (at approxi-
mately constant M) at Mach numbers from 0.53 to 1.19, and during level
flight from a Mach number of 0.79 to 1.00. The low-speed data were
obtained at altitudes down to about 17,000 feet and the high-speed data
were obtained at higher altitudes, up to ebout 47,000 feet. During all
the maneuvers from which data are presgented the rolling velocities were
low and the ailerons were held close to neutral (+1°). Tebulated data
have been presented in references 1 to 4 throughout many of the specific
maneuvers covered in this paper.

ACCURACY

The accuracy of the test results 1s estimated to be within the
following limits:

. Yo o3
PR + o o o o ¢ o o ¢ o o 8 o o s o o o s e s e e s e e . *0.03
CNP-..--nc-cn-o--c-..----..c-oo--.t0005

. S L 0 0 03]
(C’nC/**)P
CbPlQ.III..‘I.'-.-ll..l.lll..lll..-'-0.05 e

RESULTS AND DISCUSSION

Span Load Distributions -

The variation across the span of the chordwise load distributions
for a Cyp of approximately 0.3 at Mach numbers from 0.56 to 1.19 is

shown as isometric views in figure 4. The effect of Mach number on the
spanwise loading is shown by figure 5 for the same conditions as shown
in the isometric views. It may be seen from figure 5 that for suberitical
and slightly supercritical Mach numbers (M = 0.56 and 0.75) and for higher
transonic Mach numbers (M = 0.97 and 1.19) the span loading at a CNP of

0.3 was approximetely elliptical. At lower transonic Mach numbers

(M = 0.85 to between 0.88 and 0.97) there was a deviation from this .
elliptical-type loading, which may be attributed chiefly to formation -
and movement of the shocks with changes in Mach number. Some of the

effects of shock formation and movement on chordwise loading can be seen -
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in figure 4, where the most obvious effect is the relatively large region
of down load near the midsemispan at & Mach number of 0.88. A detailed
analysis of the chordwise pressure distributions and section character-
istics throughout the normal-force and Mach number range may be found in
reference 5.

The span loadings throughout the normal-force range of the tests
are shown in figure 6 for selected Mach numbers from 0.56 to approximstely
1.17. The approximate fraction of the total asirplane normal force carried
by the wing panels outboard of statlon A (18.4 percent wing semispan) is
shown in figure 7 for CNA values from 0.3 to 0.7 throughout the Mach

number range. The portion of the airplane losd cerried by the wing panels
veried from about 7O to 85 percent because of the change in angle of attack
with Mech nunber necessary to maintain any given Cj, in this range and

becauce of the change with Mach number of balancing teil load. In order
that an indlcation of the airplane angle of attack might be had for any
normal-force coefficient and Mach number of the tests, figure 8 is pre-
sented. The data of this figure were obtained from additional flights.

Basic loading.- The basic loasding (CNP = O) across the span for Mach

numbers of 0.56, 0.82, and 0.97 may be seen In figure 6. FExperimental
data were not availaeble at Cyp = O for the other Mach numbers covered

in figure 6.

The basic span loading shows a negative loading to about 50 percent
wing semispan with positive loading outboard of that station throughout
the Mach number range tested. The ilnboard stations are at a higher angle
of attack then the outboard stations due to the 1° of wing twist. 7For a
wing alone this would normally be expected to cause the reverse of the
type of loading found. The combination of positive wing incidence and
camber, however, gave the fuselage a negative angle of attack for
CNP = 0. At this negative angle of attack the fuselage produced negs-

tive 1ift which affected the 1nboard stations.
Total (basic plus additional) loading.- The span loadings throughout

the normsal-force range of the tests are shown in figure 6 for Mach num-
bers from 0.56 to approximately 1.17.

For low values of normal-force coefficlent (CNP 5_0.2) it may be

seen that the span-load distributions deviate slightly from elliptical
loading and, st Mach numbers from 0.56 through 0.82, showed the same
loss over the inboard portion as did the basic loading. The negative
angle of attack of the fuselage, as explained for the basic loading, is
thought to be the chief cause of this deviation, as 1t 1s estimated that
the fuselage does not reach a zero angle of attack at values of CNP
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below about 0.2. At & Mach number of 0.97 (the highest Mach number for
which data are available at values of Cyp less than 0.5) the loss of

1ift over the inboard stations, due to fuselage interference, is dimin-
ished. In reference 5 it was shown thet at this Mach number supersonic
flow existed over the entire wing-panel rcot chord. The shape of the
wing-fuselage Jjuncture would tend to give a supersonic expansion and
thus decrease the lose of 1lift over the inboard stations at this Mach
number.

At the higher normasl-force coefficients (CNP = 0.3 to the 1limit of

the tests), the span-load distributions varied with Mach number and st

some Mach numbers with normal-force coefficient. At suberitical speeds
the section load distributions were similar 1n shape across the span,
but of decreasing magnitude as the tip was approached because of wing
taper and the relieving effects of the tip. These effects caused the
typical ellipticael subsonic loading seen at M = 0.56 which existed to
the highest CNP reached. At Mach numbers neer 0.75, 1t was shown in

reference 5 that the critical speed has been surpassed over most of the
span, but that the variation in shape of the section pressure distribu-
tions across the span 1s not apprecieble. Hence, the nearly elliptical
loading 1s msintained to this Mach number.

Large deviations from the ellipticel spanwise load dlstributions
occurred at Mach numbers of 0.82 and 0.88 (fig. 6) at values of CNp

from 0.3 to the maxiymm value tested. As is pointed out in reference 5,
there is a region of reduced chordwise loading in this Mach number region,
rearward of the upper surface shock and forward of the lower surface shock.
There is, however, a spanwise varlation in the extent and magnitude of
this reduced loading; the variatlion being particularly apparent at wing
station D where it is greatest ard at the root and tip stations where

the reduced lcading is least. This spanwise variation is most obvious

at M = 0.88, where it causes a large dip in the span loading curve at
64.5 percent wing semispan and the higher root and tip values.

At Mach numbers of 0.97 and 1.17 the spanwlse loadings are again
nearly elliptical throughout the CNP range tested. This elliptical

spanwige loading masy be attributed to the fact that, as shown in refer-
ence 5, the flow over the entire chord is supersonic and the shocks are
located at the trailing edge; a condition resulting in similar chordwise
load distributions across the span.

Comparigon of theory with flight test.- A comparison of empirically
and theoretically determined span lcadings (refs. 10 and 11) with flight
data has been made at Mach numbers of 0.56, 0.82, 0.97, and 1.17 and is
given by figure 6. For the theory and empirical calculations an isolated
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wing of aspect ratio 6 was assumed and no fuselage effect was considered.
The portion of the loading outboard of station A (18.4 percent semispan)
has been shown for several values of CNP' The span loadings predicted

by the empirical method (ref. 10) and theory (ref. 11) are in close agree-
ment with each other.

For the basic and low 1lift conditions the theoretical methods show
a more positive inbhoard and less positive outbosrd loading than does the
experimental method. This difference may be attributed to the fact that
the 1ift over the inboard wing stations was affected by the fuselage
which was at & negative angle of attack in thig 1lift range and was not
accounted for.

At the higher values of CNP the theoretical methods show span

loadings that are approximately elliptical at Mach numbers of 0.56, 0.82,
and 0.9 . The empirical method of reference 10 was calculated for a Mach
number of 0.9% (approximate limit for which it may be calculated) for the
purpose of comparison with the flight data at a Mach number of 0.97.
These empirical span loadings at M = 0.94% have been compared also with
the flight data at M = 1.17 because of the similarity of the flight
data at M = 1.17 with the data at M = 0.97. The theoretical methods
gave a good approximation of the experimentally determined spanwise
loading at Mach numbers of 0.56, 0.97, and 1.17. At a Mach number of
0.82, however, the agreement of the shape of the theoretical span loading
wlth the experiment was poor because of the inability of the theoretical
methods to account for shock effects, which were the causes of the
?onellégtical-type loading encountered at Mach numbers of 0.82 and 0.88
fig. .

Wing-Panel Aerodynamic Characteristics

Spanwise center of pressure and bending-moment coefficient.- The
variation of spanwlse center of pressure and bending-moment coefficient
with Mach number for values of CNP of 0.3 to 0.6 is shown in figure 9.

The bending-moment coefficient increased linearly with an Ilncrease in
Cnp (CNP = 0.3 to 0.6) throughout the Mach number range investigsted.

At Mach numbers from 0.50 to about 0.73 and between 0.96 and 1.17 the
spanwise center of pressure was located at 52 toc 55 percent semispan;
consequently, the bending-moment coeffilcient showed no variation with
Mach number in this range. At Mach numbers from about 0.73 to 0.96 a
slight outboard shift of about 2 percent semispan occurred in the center-
of-pressure location with a corresponding small increase in the bending-
moment coefficient. The outboard shift in center-of-pressure location
wes caused by the down load near the midsemispan resulting in an increase
in the load carried by the tip stations.
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The theoretical and empirical methods of references 10 and 11, dis-
cussed 1n the previous section, adequately predicted the coefficient of
bending-moment (fig. 9) for this configuration throughout the Mach number
range tested, including the Mach number range vhere these methods did not
closely predict the shape of the span loading.

Chordwise center of pressure and pitching-moment coefficient.- The
variation of chordwise center of pressure of the wing panel for wvalues
of Cyp from 0.2 to 0.6 (fig. 10) shows large changes with Mach number

similar to the sectlion date of reference 5.

At the suberlitical and slightly supercritical Mach numbers of the
tests (M = 0.50 to sbout 0.73), the center of pressure was located at
23 to 26 percent wing mean aerodynamic chord for all values of CNP pre-

sented and showed no variaetion with Mach number. This nonvarying posi-~
tion of the center of pressure was due to the fact that the chordwilse
loadings at each of the spanwlse stations showed little deviation from
the typical subsonic loading throughout this Mach number range (ref. 5).

No apprecilable change in center-of-pressure location occurred with
CNP or Mach number in the Mach number region in which supersonlic flow

existed over the entire wing (M = 0.96 to 1.17). In this range the chord-
wise center of pressure was located at approximately 41 percent wing mean

aerodynamic chord.

In the Mach number range where shock movement on both the upper and
lower surfaces of the wing 1s rapid (M = 0.73 to 0.96), however, there
were pronounced Mach number and normel-force effects upon the center-of-
pressure location. At a value of Cyp of 0.2 the center of pressure

" moved rearward rapidly with Increasing Mach number, reaching a location
of about 39 percent of the wing mean serodynsmic chord at M = 0.83,
gbove which an abrupt forward movement occurred (reaching about 16 per-
cent et M = 0.89). With a further increase in Mach number from 0.89 to
about 0.96 the center of pressure again moved rapidly rearward to the
vicinity of the 40O percent wing mean aerodyramic chord. At the higher
velues of Cyp simllar trends in the movement of chordwlse center of

pressure with Mach number are seen but are less abrupt.

The varistion with Mach number of pitching-moment coefficient for
the wing panel, from which chordwise center of pressure was obtalned,
is also shown in figure 10 for values of CNP throughout the range

tested. As In the case of chordwise center of pressure, there was very
little change in pitching-moment coefficient with Mach number in the
ranges from M = 0.50 to 0.73 and M = 0.96 to 1.17. There were large



e

NACA RM L53G1h R 11

changes in pitching-moment coefficient in the Mach number range from
0.73 to 0.96 accompanying the large center-of-pressure movement in this
range.

The veriation of pitching-moment coefficlent with normsl-force coef-
ficient for various Mach numbers 1s shown In figure 11. At Mach numbers
of 0.60 and 0.75 the wing is slightly unstable up to a moderately high
normal-force coefficient (CNP = 0.5) with an increase in stabllity as

Cyp wes increased to 0.6. At a Mach nunber of 0.84% the wing is neutrally
stable at CNP values from 0.2 to 0.3 with an increase in stabllity as
Cyp was increased to 0.6. In the Mach number range from 0.88 to 1.17 a

definitely stable varlation of pitching-moment coefficient with normal-
force coefficient occcurred at all values of normal-force coefficient
tested.

Wing-to-Fuselage Carry Over

Fuselage resultant pressure distributlons were obtained at three
spanwise stations on the fuselage surface between the leading and trailing
edges of the enclosed wing in order that some information as to the extent
of the wing load carry over to fuselage might be obtained. The data were
obtained at four selected airplane Mach numbers and are presented for
comparison with wing station A at airplane normal-force coefficients of
0.35, 0.50, and 0.70 in figure 12.

The resultant pressure distributions show that, in genersl, the
chordwise loading on the fuselage statlons was decreased as the sirplane
center line was approached from wing station A. The peak loading near
the leading edge of the wing was not apparent on any of the fuselage
stations.

The chordwilse loading at the fuselege station nearest the wing
(row 3), as expected, showed the closest similerity to that at wing
station A at &l values of Mach number and CNA tested. The shock

location on the upper surface of row 3 for CNA = 0.35 may be seen in

figure 12 to be sbout the same as that at station A at a Mach number of
0.79, and to be sbout 15 percent chord behind it at Mach numbers of 0.84
and 0.88. At the higher values of Cnp presented these shocks (sta-

tion A and row 3) are seen to be closer in agreement than at CNA = 0.35

for M = 0.84 and 0.88. In general, the upper surface shock at these
Mach numbers became poorly defined at fuselage rows 1 and 2 but appeared
to move rearward, accompanied by & reductlion in strength as the airplane
center line was approached. At Mach numbers around 1.0 the shock had
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reached the tralling edge at all fuselage rowe, leaving an approximately
rectangular load distribution. Additional pressures measured on the
fuselage I1ndicated that a msjor portion of the load carried by these
fuselage stations was due to the carry over from the wing pressures.

The effect of Mach number on spanwise load distribution, including
the loed over the fuselage stations, is shown in figure 13 for Cyx values

of 0.30, 0.45, and 0.70. 1In order that these span loadings may be corre-
lated with the loadings of figures 5, 6, and 12, tabulated values of CNP

and CNA are lncluded. The figure shows that the normal-load parameter

dropped repldly from the wing-panel root to the airplane center line.

In general, the loading parameter at the alrplane center line was about
half of that at wing station A. In the Mach number region near 0.88 the
airplane angle of attack necessary to attain a given Cy was greatest,

because of the region of decreased wing-panel loasding rearward of the
upper-surface shock discussed in reference 5. Because of this increased
angle of attack the fuselage stations contributed a relatively greater
portion of the span load.

CONCLUSIONS

Resulis of measurements of wing locads over the wing of the Bell X-1
research airplane indicate that:

1. The wing~panel span loedling was approximately elliptical at
values of wing-panel normel-force coefficlent from 0.3 up to the limit
of the tests for subecritical and slightly supercritical Mach numbers
(M = 0.56 and 0.75) and for higher transonic Mach numbers (M = 0.97
and 1.17). At Mach numbers from 0.83 to between 0.88 and 0.97 there
was a deviation from this elliptical-type loading, which may be attrib-
uted chiefly to shock formation and movement with changes in Mach number.

2. The spanwise center of pressure for the wing-panel load, at values
of wing-panel normal-force coefficient from 0.3 to 0.6, was located at
52 t0 5% percent wing semigpan for Mach numbers from 0.50 to about 0.73
and between 0.96 and 1.17. A slight outboard shift of about 2 percent
wing semispan occurred at Mach numbers from sbout 0.73 to 0.96.

3. There were pronounced Mach number and normal-force effects on
the chordwise center-of-pressure location in the Mach number range where
shock movement on both the upper and lower surfaces of the wing was rapid
(M~ 0.73 to 0.96). At suberitical Mach numbers the center of pressure
was located at about 25 percent wing mean aerodynamic chord and at Mach
nunbers above 0.96 was located at about 41 percent wing mean serodynamic

chord.

P
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4. Theoretical methods used for determining span loading gave a
good approximation of the flight date except in the region where shock
formation and movement on the wing occurred and caused the loading to
deviate from the elliptical shape. These methods adequately predicted
the coefficient of bending moment throughout the Mach number range tested,
including the Mach number range where these methods did not closely predict
the shape of the span loading.

5. The normal-load parameter dropped rapldly from the wing-penel
root to the airplane center line. In general, the loading parsmeter at
the airplane center line was about half of that at the wing-panel root
station.

Iangley Aeronautical Laboratory,
National Advisory Committee for Aeronautics,
Langley Field, Va., June 26, 1953.
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TABLE I.- ATRFOIL PROFILE AND ORDINATES OF THE BELL X~1 WING
[}hscissas and ordinates in percent of local choqu
10
2 [
g8
:F
~ Q
5 E =10 1 1 i 1 ]
e 0 20 40 60 8o 100
Absclssa, percent chord
Modified NACA 65-110 airfoll section
Upper surface Lower surface
Ordinate Ordinate
Aoscissa Flap Aileron Abscisse Flap Aileron
stations stations stetions stations
0 0 o] o] o] 0
168 .T96 .T96 -533 -. 46 -. 746
<T1L .966 .966 .786 -.896 -.896
1.210 1.222 i.222 1.290 -1.115 -1.115
2.454 1.667 1.667 2.546 -1.481 -1.k81
4.ghg 2.334 2.334 5.051 -2.018 -2.018
T kT 2.859 2,859 T.553 -2.435 -2.435
9.947 3.298 %.298 10.053 -2.781 -2.781
1k .G49 h.002 L.o02 15.051 ~%.329 ~-3,329
19.954 .5kl 4._sh3 20.046 -3.745 ~3.745
24 . 961 4 .951 4.951 25.039 -L.056 -L.056
29.968 5.246 5.246 30.0%2 .27l 4. 274
3%.976 5.439 5.4.39 35,024 -4.409 ~4.L09
39,984 5.532 5.5%2 40.016 4 .461 -k 461
L. 992 5.511 5.511 45.008 -4 416 -4 416
50.000 5. 364 5.%64 50.000 -4 . 261 4261
55.007 5.078 5.078 54.993 -3.983 ~3.983
60.01% L .682 L.682 59.987 -3.611 ~3.611
65.018 Lh.197 L.197 64,082 ~3.167 ~3,167
70.021 3.642 3,642 69.979 -2.670 -2.670
75.023 3.0%2 3,032 ™.977 -2.1%7 ~2.1%7
80.022 2.3%85 2.385 79.978 -1.589 ~1.589
85.019 1.721 1.721 8:.981 -1.048 ~1.048
90.000 1.100 1.148 90. 000 -.687 -.698
95. 000 .525 574 95.000 -.295 -.349
100.000 .010 0 100.000 -.010 o]
L, E. radius: 0.687 percent chord
TUNAGR T
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Overhead side view

of Bell X-1 alrplane.
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Figure 2.- Three-view drawing of Bell X-1 sirplane.
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< 168%
7r 7T -1 ~r\\
\_
|
74.2" T T
2| | :

loo

~\~\\\ koo

Spanwise station 2 3 A B Cc D B F
Distance from airplane
center 1ine, percent b/2 10.7{14.9{18.4}33,.8]49.1{64.4} 79.8|95.1

(a) Spenwise locations.

Figure 3.~ Spanwise and chordwilse locatlons of pressure measuring orifices.
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é 7 8 & 0 M 42
'2%3:?/:/\-‘,: — f—td h ’,-3' ¥ i5 ‘6 7 t8 192021
23 N X N i L i } + + \
L4 i ¢ 7 & o so 1 1z i3 141516 1778 1g 0
l ¢ 1
Orifice station lacation, percent chord
Span
Station A B c D E F
Orifice|Upper|Lower|Upper | Lower | Upper |Lower| Upper|Lower |{Upper |Lower | Upper|Lower
1 0 0 0 0 0 0
2 1,38 1.16] 13| 1e26] £.18| 1.28] 1.29] 138 1,17 1.17] 1.16] 1,23
3 2. 0] 20| 2e72] 2e59] 2.10] 2140] 2.08] 2468 2427 | 2271 2.0l] 2439
N Be79] Le79] 5e21l] 5.06] 50| S0 5.16] 5,181 ho90]| 1e90] 5.49] 5.03
c 9,85] 9498 10,115 | 10h5| 9Bl | 940k [10.95]/30.95| 8.91} 8.91]10,L2[10.16
[ 19475119492 | 204002000 ] 20400 (2040019762010 [20400 (1569019492 | 1566
7 25.80[30,00[29.40[30.00 29432 [3000 30,00 30,00 30,00 [30,00|29,752762
] 3585135405 | 3lieli5 3520 | 31478 [35.20]3L1.80{35.10135,00 [34.92]35.05 3§'°5
g L0000 F0.10]3%90.90 [H0,00139.58 R0, 00 10,00 10,15 |10 .00 [h0.00 | i0.07 10,07
10 5510|1500 [ 11517 [h5e38 L1 IO [ [5.92[1i5e15 115435 (115615 [ll1652 [ 11540045600
11 00,901 59.70 50010 [ 119495 | 1952 | 50418150418 | 504305008 |19.50[50.02 [50,00
12 Sl 90| 5190|5500 |51 .92| 55,18 55,20} 55,2 . 5450 [91.90[55.,05 ﬂh9g_‘
13 80438 |60,00 61,08 59,89 59,90 60,0050 80 [6060 159,50 [60450]5970 [60,00
iy 85,00165,00(85.20[85,00]65,00]65,00(65,110165.60]6l1.95 [65.00[6L.95 6&.25
1; 70,00]70,00]70.,15 70015 70,00 [70,00[69.85[69495[69,90 [70.00 70.05{70.0
16 ThelO | Tho 12 | TIe00 | The0O0 | 7ha00 | Thie38 | Theli0 | 71e 207370 1 7h080[ 73485 | 7he30 |
17 7860 [ 7860|7880 7860 7860017820 (79507970 ]81¢00 [B0e50 7985 180.05 |
18 811490 | 85408 [85,10 85,00 [8L1. 95| 811495 [ 85662 | 85610 | 854 70 | 85,70 | 85470 | 85470
19 90,00 | 9000 [90,30 | 89.96190,00]90,00 (90,00 |91,00| 8995 [89.95 | 89.060|89,60
20 G180 |9 o B0 95400 | 9ie 50| 95600 | 95410 | 95600 |9500 | 5500 19530 | 9510 | 95430
21 205 e |97 80| w197 930]| wem 1974 — 196,70 — ]96.10] ~—

(b) Chordwise locations; wing stations.

Figure 3.- Continued.
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L
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¥ 1

10 11 12 13 1+ 15 16

O+

Orifice station location, percent chord

Row 1 Row 2 Row 3
Orifice Upper Lower Upper Lower Upper Lower
9 =10.9 | =11.1 | -13.8 | =1k%.0 [ -15.0 | -15.2
10 2.6 4.9 O 3.6 ~O.% 2.1
11 10.6 13.8 9.0 11.7 8. 10.1
12 21 4 23.1 20 4+ 20.6 20. 20,
13 30.9 30.9 30.% 0.+ | 30.1 30.1
1"‘" ';%.O H'B.O ]';3.2 43.? l‘"3.3 !"‘3043
.Ls .8 ";H’-? %06 - 5}"'-9 -
:L6 71.’+ - 7 !1 7]"'00 73.9 77.0
L7 56,8 67.3 9 89,5 9 ,
138 g 103.0 107.0 106.5 108.0 106.0
q:ﬁfcé,f

(c) Chordwise locations; fuselage statlons.

Figure 3.- Concluded.
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« Pigure L.~ Isometric views of load distribution on the wing panel of the
Bell X-1 airplane at various Mach numbers. CNP = 0.5.
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Figure 6.~ Effects of normal-force coefficient on the spanwlse load
distributlon over the wing panel of the Bell ¥X-1 alrplane at various

Mach numbers.
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Figure 8.- Approximate variation of alrplane normal-force coefficient
with Mach number for various angles of attack.
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Figure 12.- Comparison of the chordwise load distributions on the fuselage
stations with that of wing station A at selected Mach mumbers.
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Figure 12.- Concluded.
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